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NATTONAL ADVISORY COM’IITI'.EE FOR AERONAUTICS

TECHNICAL NOTE NO. 1299

EFFECTS OF MACH KUMBER AND REYNOLDS NUMBER
ON THE MAXIMUM I.IFT COEFFICIENT OF A WING
OF NACA 230 -SERIES AIRFOII. SECTIONS

. By G. Chester Furlong ard James E. Filzpatrick
SUMMARY |

The effects of Mach number and Reynolds nunber on the meximum
1ift coefficient of & wing of NACA 230-series airfoil sections are
presented. The renges of Mach number for the wind-tunnel tests were
from 0.10 t0'0.35 and from 0.08 to 0.27; the corresponding Reynolds
number renges were from 1,530,000 to 4,530, OOO and from 2,450,000
to 7 ,880 000, respectively

The viné- wes tested with full—spa.n and pa:ctial ~gpan spllt flaps
deflected 60° and without flaps. Leading-sdcs-roughness tests were
made with the flaps-retracted configuration. Some chordéwise pressure-
distribution measurements were made for all fla,p uonfigurations of
the mod.el

The results of the tests indicated that pealk values of maximum
1ift coefficient were obtained at relatively low free-stream Mach
numbers (approx 0.20 for the :f:'la.ps -deflected configurations and 0.25
to 0.30 for the flaps-retracted configuration) and occurred when the
critical pressure coefficlent was resched on the upver surface of
the wing. The values of maximum lift coefficlent wers increased
by increasing Reynolds nuiber or deflecting the flaps, but in both
cases the critical pressure coefficient was reached at lower free-
8tream Mach humbers. After the critical Mach number had been
reached, the value of maximum 1ift coefficient wae appreciably
reduced and there was an indication that beyond the critical
Mach number the effect of Reynclds number on the meximum 1ift becomss
markedly: reduced. The value of meximum Lifd: coefficient before the
critical Mach number was reached was elmost entively dependent on
Reynolds number, but even in the low Mach number range, Mach number
effects should not be neglected. Any method, therefore, that is
utilized to predict flight values' of maximum 1ift coefficient from
wind-tunnel data by accounting for e difference in Reynolds number
and neglecting any change in Mach number may g#ive erroneous results.
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INTRODUCTION

Estimates of flight values of maximum 1ift coefficient from wind-
tunnel tests are usually made by accounting for the incremental
change 1n lift coefficient that results from differences in Reynolds
number. The effects of a variation of Reynolds number on the maximum
1ift coefficient end the stall phencmenon ave described in references 1
and 2. References 3 and 4 indicate that compressibility effects on
the maximum 1ift coefficient may occur at relatively low free-stream
Mach numbers (0.20) A knowledge of the interrelasted effects of
Mach number and Reynolds number on maximum lift coefficient 1s
important in the interpretation of wind-tunnel teat data, in flight
problems concerning airplane maneuvering performance, and in
propeller performance at high thrust conditions. Because of the
importence of Mach number as shown in references 3 and h, any
estimated flight values of maximum 1ift coefficient may be
guestionable if only the difference in Reynolds number is taken
into account. Ae data concerning these phenomena are incomplete,
the present teste have been made to explain further the effects of
Mach number and Reynolds number on the maximum 1ift cocefficient of
a wing.

The present paper contains the results of tests made with a
wing of NACA 230-series airfoil sectilons in the Langley 19-foot
pressure tunnel. The tests were conducted at tunnel pressures
of 14.7 and 33 pounds per squere inch absolute These tunnel
pressures gave Mach number ranges of 0.10 to O 35 and 0.08 to 0.27.
The corresponding Reynolds number ranges were from 1,530,000
to 4,530,000 and from 2,450,000 to 7,880,000, respectively. The
tests included force tests and chordwise pressure-distribution
measurements at six spanwise stations.

The tests were made with the wing model equipped with full-span
and pertial-span split flaps deflected 60° and without flaps. In
addition, force tesits were made with leading-edge roughness for the
flaps -retracted configuration.

There are included herein date from tests of this wing in the

Laengley 16-foot high-speed tunnel, part of which deta has been
published in references 5.

SYMBOLS

A aspect ratio (bE/S)

C cross~gsectional area of test section, sgquare feet
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11ft cosfficient (L/q.S)

meximum 11ft coefficient

diameter of tunnel test section, feet
1ift, pounds
Pree-stream Mach number (vo/=)

critical Mach number; free-stream Mach number when
local Mach number is 1.00

pressure coefficient <£-é.£.°>
,_ o]

critical pressure coefficient; pressure coefficient
at a local Mach number of 1.00

Vol
froe-stresm Reynolds number K )
wing area, sguare feet
free-stream velocity, feet per second

spesed of sound, feet psr second

ac
slope of 1lift curve in compressible flow<( L>c>

slope of 1ift curve in incompressible flow

< > (see reference 6)
d,o:,

two -dimensional 1ift-~curve slope (dc o/ dao)

pb/e

[ o2 ay
I

4O

wing span, feet

mean asrodynamic chord (M.A.C.), feet

mim

local chord, feet
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Cy chord of tip sectlon

Cy ssction 1lift coefficient

P local static pressure, pounds por square foot

Po free-streem static pressure, pounds per square foot

319, prezsure in Langley‘lQ-foot pressure tunnel, pounds pev
quare inch absoliute

do’ free-streanm dynamic pressure, pounds per sguare foot

X distance along locgl chor@ from leading edge, feet

¥y lateral distance perpendicular'to root chord, feet

a angle of attack (wing root cherd), degrees

%y section angle of attack, degrees

pax angé:gggegttaok at maximm 1ift coeffilcient,

B compressgibility factor (Jl - M;§>

Ef flap deflection, degrees ‘

5w Jet-boundary correction factor (reference 7)

o) mass density of air, slugs per cubic foot

) coeffiolent of viscosity of alr, pound-seconds

per square foot

MODEL., APPARATUS, AND TESTS
Model and Apperatus

A three-view drawing of the wing is presented as fijure 1. All
pertinent geomstric characteristics have been incorporated in this
figure. The root section of the wing is an NACA 23016 airfoil
section and the construction tip ls an NACA 23009 airfoil section.
The wing hes a span of 12 feet, an aspect ratio of 6, a taper rvatio

of 2, an agrodynamic weshout of 4° (ho goometric washout), a dihedral
angle of 0 , end sweepback of 3.2o {one -quarter chord line).
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Inasmuch es the wing was ofzriéid stesl construction.-no
apprecisble emounts of deflection or twist were encountered during
the tests.

The split flaps tested had a chord 20 nercent of the local
wing chord. The spans of the full-span and pertial-span flaps
were 99 percent and 55 peruent of the wing span, respectively.
Both fleps were deflected 60° with the lower surfece of the wing,
and the flaps were held in place by blocks. Figure 1 shows the
layout of the fleps ' o

The leading-edge ro ess was obtained by spraying fine-
grained carborundum (No. ) on Preshly applied shellac. The -
Yo ess extendsd across the complete span over & surface length
of 8 percent chord meesured along the wing surface from the leading
edge on both the upper and lower surfaces.

The model was mounted on the normal wing-support system of
the Langley 19-foot pressure tumnel. {See rig. 2.) The tips of
these supports, or that part extending up from the support fairings,
were designed to duplicate those used in the tests of reference 5.
The 'aerodynamic forces and moments were measured by e simultaneous-=
recording six-component balance system.

The wing contained 33 surface-pressure orifices at each of
the six spanwise sgtations. Figure 1 shows the spanwise location
of the stations and & typical chordwlise distribution of pressure
orifices. The pressure leads were conducted internally to & pipe
protruding from the root-chord trailing edge (figz. 1). From the
trailing edge, the pressure leads were taken to multiple-tube
manometers through a specially designed tube-trensfer system.
This system, .which is shown in figure 3, allowed continuous testing
through the angle-of-atteck range without necessitating manuael
adjustments. The tube-transfer system. however, did not allow
force tests to be made simultaneously with pressurs weasurements
and, consequently, force tests were mmde with the system removed.
During the force tests & short fairing cap covered the pipe
extending from the root-chord trailing edge.

Tests

Tests were conducted at two tunnel pressures of 1k.7
and 33 pounds per sguare inch absolute. The ranges of Mach number
end Reynolds number thus obtained are

Tunnel pressure Mach number range Reynolds number range

(1b/sq in.) —
k7 0.10 %0 0.35 1,530,000 to %,530,000
33 0.08 to 0.27 2 450,000 to 7,880,000
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Por convenience, tests made st tunnel pressures of 14.7 and 33 pounds
per squere inch absclute are designeted pl9' = 14.7 and 919' = 33,

respectively.

Tare tests were made for all model flap conflgurations at both
tunnel pressures. In edditlon, scale effect on tares was Investigated
for the flaps-retracted configuration. The results indicated no chenge
in tere through the Mach number and Reymolds number ranges obtainsable
in the Lengley 1l0-foot pressure tunnel.

Force tests were made through the tunnel-speed range at both
tunnel preesures for =2ll flap configurations. Teeding-edge-roughness
tests wers also made at both tunnel preassures fcr the Lflape~
retracted configuration. The force tests at a tunnel pressure
of 33 pounde per square inch abmolute were mails at spesds which
would produce either the same Msch numbers or Reynolds numbers as
thoge of similar teets reported in reference 5.

A comperison of  the meximum-lift-coefficlent date obtained
in the two wind tunnels for the same test conditions wes made.
A Langley 16-foot high-speed tummnel condition (Mach number
of 0.15 and Reynolds nuwber of 2,450,000) was repwroduced in the
TLangley 19-fuot pressure tunnel at a tumnel pressure of 16.5 pounds
per squere inch absoluts.

Cherdwise -pressure -distributlion measuremnents were made at
Pig: = 33 for velues of Mach number and Reynclds number cbtained

in force tests.

Vieual observations of the stall pattern were made by tuft
surveys at several tunnel airspeeds.

The wing was tested through an angle-of ~attack renge from-3.7°
through the stall. A constant value of Mach number or Reynolds
nunber was maintained dwring & run by prcper adjustment of the
dynamic pressure to account for chenges in temperature and pressure.

CORRECTIONS TO DATA
Force Tests

The 1ift coefficients have been corrected for support~strut
interference as determined by tare tests.
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The angles of attack have been corrected for alr-sitream
misalinement and Jet-boundery effects. The air-stream misalinement
was determined during the tare tests, and the Jet-boundeary
correction was deteyrmined by the following equation derived from
refersnce 8:

1.05¢

S

Ho =81 +

This equation containe the angle-of-attack correction at the

1ifting line for the casge of a wing with an elliptical spenwise

load distridbution and also en sdditicnal correction for the induced
streamliine curvature. The term £ has been introduced to account for
compressibility effecte (reference 6). For the tests in the

Langley 1G-foot pressure tunnel, & meen velue of £ was found to
suffice and the correction to angle of attack becoues O.GTBOCL.

© Pressure Distridbution

No corrections heve been applied to the local valuez of static
pressure. The lccal effects of the struts and walls on these
prosgures axe assumed to be negligible. In the computation of the
pressure coefficients, however, average dynamlic pressurs and free-
stream static pressure across the span have been used.

RESULTS

The variation of Mach number with Reynolds number obtained
from tests reported in referesnce 5 of the same wing as tésted herein
and obteined at both tunnel pressures in the TLangley 19-fooi
pressure tumnel is shown in figure 4. ALl values of Reynolde
nuriber have been bared on the mean eserodynamic chord of tie winsa.
The maximum deviaticns of Mach munmber and Reynolds number from the
curves for these tests in the Langley l9-foot pressure tunnel
are within values of M, = $0.01 and R, = %20,000.

. The lift-coefficient data obtained from force ttests in the
Langley 19-foct pressure tummel sres presented in figure 5. This
Tigure includes data for four configurations, that ie, Tor fleps
retracted, for partiel-span flaps, for full-span flape, and for
flaps retracted with leading-sdge roughness at both the Langley
l9~focot pressure tunnel ccnditions.

A check run to determine the values of maximum lift coefficisnt
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that would be obteined In the two tunnels under the same test
conditions gave & value of meximm 1ift coefficient of 1.35,

ag compared with a value of 1.36 (reference 5) obtained in the
Langley 16-foot high-speed tunnel. This agreement was considered
setlisfactory and justiflied any conclusions interpreted from the
results of both tunnels.

The slopes of the 1lift curves for the flaps-retracted
configuration with and without leading-edge roughness and the
slopes corrected to incompressible-flow conditions by the method
of reference 6 are plotted against Reynolds number in Pigure 5.

The figure shows the applicabllity of the correction factor of
reference 6 in converting slopes of these lift cuwrves from
compreseible-flow conditions to incompressible-flow conditions.
After the correction factor had been applied to the alopes, the
results from the Langley 16-foot high-speed tumnel (reference 5)
and the Langley 19-foot pressure ftumnel were in excellent agzreement.

The meximum 1ift coefficients and corresponding angles of
attack have been plotted against Mach number snd Reynolds nunber
in figure 7, which also includes dsta obtained from reference 5.
The variations of maximua 1ift coefficient with Mach nwuber and
Reoynolds number for all model configurations and tunnel conditions
resemble those shown in reference 4 for a wing of NACA 0012 airfcil
section. Figure 7 shows that for each tunnel condition the
meximum 1lift coefficient incresses with en increase in airespeed -
R and M increasing (see fig. 4) - to a maximum or peak value,
after which the maximum 1ift coefflicient decreasss with a further
increase In airspeed. The peak values of meximum 1ift coefficlent
ocour at Mach numbers of approximately 0.20 for the flaps-deflected
configurations and between 0.25 and 0.30 for the flaps-retracted
configuration. There were no peak maximum 1ift coefficients for
the fleps-retracted leading-edge-roushmess configuretion in the
Mach number rangee cbtainable in the Langley 19-foot pressure tunnel.
A comparison of the Fflaps-deflected configurations (figs. T(b)
exnd 7(c)) with the flapy-retracted configuration (fig. 7(a)) at
similer tunnel conditions shows that flep deflection causes the
peak maximum 1ift coefficients to occur at lower Mach numbers. For
each model configuration a similar comparison betwsen the two
tunnsl conditions Pig+ = 33 and Pigr = 1k.7 shows that tke peak
meximum 1lift coefficients occur at lower Mach nunbers for Pig: =
then for Pigr = k.7, g

Some of the chordwise pressure-distribution.date obtained
during the tests are pressnted for three of the six gpanwise
stations in figures 8 to 12. Pressure-distribution data were
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obtained in the Langley 19-footrphessuirsé tunnel for cnly the tunnel
condltion P19' = 33 as sonea a’gmoepl}eric -pressure data werse

available from tests in the. Langley.Z6-foot high-spesd tunnel.
The deta are presented at the maximum engles of atitack for several
velues of Mach number and Reynolds number with flaps retracted and
deflected. A comperison was mads of date from the Langley 16-foot
high-speed tunnel with date from the Langley 19-foot pressure
tunnel (919' = 33) at comparable velues of either Mach number or

Reynolds number. As & result of the large pressure peaks encountered
with flaps deflected, the pressure-coefficient scale has been reduced.
from that used for the flaps-~retracted. conflguration.

From the pressure-distri‘bution data thet were avellable fronm
tests of the wing in both tunnels, figure 13 has been prepared.
The peek pressure ccefficients obtained for each section at the
maximum 1ift coefficient of the wing were first plotted against
the semispen to obtain the faired meximum value of peek pressure
coefficient on the wing; the maximum peak pressure coefficlents of
the wing were then plotted against Mach number to obtain figure 13.
The figure is not so complete as would be desirable because. of the
limited Mach number range of the Langley 19-foot pressure tunnel.

The results of the visual stall studies are summsrized in’
Pigure 14 in which the stall progressions for the flaps-retracted
" and flaps-deflected configurations are presented. )

DISCUSSION

% . ~The significance of a variation of Reynolds number elohs on
the maximum 1ift coefficient of an airfoil has been fully degcribed
in reference 1 in which data are presented of tests conducted at

.. dlow free-stresm Mach numbers (M, =0.08). To reiterate, the

effect of increasing Reynolds number is to cause an earlier
transition from laminexr to turbulent boundary layer. The increased
-turbulent boundary layer is then capable of resisting Separation,
and a higher angle of attack is reached before stalling occurs;
thus,. an increase in meximum 11ft coefficient is.obtalned. As
pointed out-in reference 2, the Reynolde number first affects the
1ift of an airfoil at moderately high angles of attack. When the
Reynolds number has reached a value at which the entire boundary
- layer haes become turbulent, there is evidence that a further
Increase in Reynolds num‘ber will not producs any increase 1n the
maximum lift ccefficient.
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In the region of the critical Mach number M & pronounced

change exists in the flow, but whether an actual separation of flow
occurs seems to depend on both the type of airfoll involved and the
angle of attack at which the critical Mach nnmber i reached.

When, aS‘in the tests of the wing, a variation in Mach number
is eccomparied Py a variation in Reynolds. number, “the explanation
for the.variation of CL ' is not. readily apparent * The most

mex
.significant point of ‘the variation of CL wlth Mach number and
mex .
! Reynolds nunber is the peak value attalned, hence, the determining
fector or factors of this point will be dlscussed first. The peak
- vglues of C mey be determined by the critical Mach nuber,
. . max
by the Reynolds number at which the entire boundery layer is turbulent,
or by both.

The meximum preasurs peaks encountered in tests of the wing have
been plotted against Mach number in figure 13. The curve of : P

egeinst Mach number is also shown. The intersections of the curves
of meximum pressure coefficient with the curve of P, occur at

free-stream Mach numbers at which the peak values of .CI weYre

obteined, in force teste (fig. 7). The probebility is indicated that
the pgak values cf CL for each tunnel condition occurred when the

max . .
critical Mach number hed been reached. The possibility that the
Reynolds number at which the -entire boundarv layer ic turbulent would
be reachéd in these tests 1s excluded. The effect of increasing
the magnitude of Reynolds number for & given Mach number, however,
by changing from the Lengley 16-foot. high-speed tunnel condition
(reference 5) to the Langley 19-foot pressure tunnel condition
. of Pgr = 33 (see fig. 4) increased the peak Pressure coefficients -

and, consequently} cL. T but reduced slight1y the free-gtream
max -
Mach nnmber (fig. 13) at which the peak value. of CI occurred.

When +the flaps are deflected an’ increase in prassure coefflcient
along the chord resulte and thig increase causes an increased .
meximum Lift coefficient- but because of the increeased ypressurs
peaks, the critical pressure ccefficlent is reached at lowsr fres=’
atream Mach numbers with. flaps deflebted then with flaps retracted

The foregoing discussion of figure 13 is based on ccnsideration
of the maximum pressure coeﬂficient that occurred on the: wing

'
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Visual observetions of the stall pattern (fig. 1k) justified the
discusgion of the stall with reference to only cre point on the
wing. The stall studies were made at several Msch numbers end
roevealed an abrupt simulteneous stall over the entire surface of

the wing.
The decrease in CI after the peak velus has been reached

is due to the fact that the criticel pressurse coefficient diminishes

(fig. 13) as the esirspeed is increased beyond this point. As the

elrspeed 1s increased, therefore, the critical pressure ccefficient

is reached on the wing at progressively lower angles of attack;

esrly stall iz thus precipitated end, consequently, lower values

of maximum 1ift coefficient are obtained. The principal contribution

of Reynclds number toward increaging CL , a8 praviously pointed
mex

out, is its effect in increasing the angle of attack at which the
wing stalls; hence, when the critical Mach nmwber limits the pesk
value of CL y the effect of a further increase in Reynolds

max
number is markedly reduced. The data from the present tests
(figs. 7(a) to 7(c)) are too limited to determine whether at very
high airspeeds Cy, is affected at &ll by Reynolds number. Flight

mex

tests of an airplane equipped with a wing of NACA 66-series airfoil
sections (reference 9) have shown that at values of Mech muwiber in
excess of 0.50 the effects of Reynolds number are negligible. The
value of Mach number at which the Reynolds number will become
negligible will probably depend on the particular airfoil involved.

The increase in CLmax befere the critical Mach .number is
reached 1s due almoet entirely to the change in Reynolds number; thaet
is, the natural tramsition from leminar to turbulent boundary layer
with increasing Reynolds nunber allows higher angles of attack to be
reached before the wing stalls. When the values of Cq, are

mex
compared at equal Reymolds numbers (fige. 7(a) to 7(c)), 1t is seen
that, in the range below the peak value of Cq, » lower values of
max

C are obtained at a tunnel pressure of 1hk.7 pounds per square

L
max
inch absolute than ere obtained at a tunnel pressure of 33 pounds per

square inch absolute. The values at Pl9' = 4.7 are actually at
higher Mach numbers thar are the values at Pl9' = 33 (fig. 4).
A plausible explanation of this lose in 1ift dve to the increase
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in Mach numbexr may be that although the leading-edre yrescures

at 1ift coefficients below the stall are almost the seme, the

transition from laminar to turbulent boundary leyer is delayed by

the increesed Mech number and, since the win: tested exhibited

laminar separation, the wing will stall at alightly lower angles

of attack. This reerward movement of transition, because of en

increase in Mach number, has been determined for the low-drag range

at the Ames Laboreatory, and a continuation of the discussion to

Cy, appears reagoneble from the results obtained in the present
max

tests. '

Reference 1 presents a method for predicting incremental changes
. in the maximum 1ift coefficient that occur as a wresult of the
difference between wind-tunnel and rlight Reynolds number. Becauge
the flight vaelue of Mach number will usually be somewhat higher
then thet used s & basis for the method of reference 1 (M, = 0.08),

the application of thet method for the prediction of flight values

of Gy from tests at low Reynclds number will precbably yield
max _
& highexr value. of CL' - even 1f the critical Mach number has not
: max

been reached.

The preceding discussion has dealt with the effects of Mach
nuber and Reynolds number on the meximum lift coefflicient of a
wing wvhilch has an abrupt stall precipitated by high pesk values of
leading-sdge pressure. The characteristlcs of v wing with lower
peak values of leading-edge pressure and e more complex stall may
be materially different. If a wing erhibits & stall produced by
trailing-edge separation, the leading-edge pressures msy be low
enough to allow & rather high free-stream Mach number to be reached
before the criticel pressure coefficlent is encountered. In such a
cage, the Reynolds murber at which a completely turbulent boundery
leyer sxists mey be reached before the critical Mach number is
attained. The flaps-retracted leading-edge-roughness configuration
{fig. 7(d)) is en example in which the complete boundary layer is
turbulent. There is very little chenge in Cy through the

nex
Reynolds number range. The peak leading-edsme pressures furthermcre
have probably been reduced so that no critical Mach number is
indicated in the range of the present tests. The valus of CL
. max
at the lowest Mach number and Reynolds number for Pigr = 1h.7

causes the curve in figure 7(d) to have a sharp drop in the low
Reynolds number range. The shape of the lift curve for this test
condition (fig. 5(g)) at Cp, is such as to suggest the

max
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possibility of prematures stall although no cause is evident. Because
the drop in the curve of CL againsgt Reynolds number occurs

nax
through a lerge part of -the complete Reynolds number renge and is a
result of this one test point, the curves have been shown dashed
between this test condition and the next highest test conditiom.

CONCLUDING REMARKS

On the basis of the wind-tunnel investigation made to determine
the effects of Mach number and Reynolds number on the maximum 1ift
coerficient of a wing of NACA 230-peries airfoil sectiohs, the
following conclusions may be drawn. These conclusions appear
appliceble to other wings which exhibit an aebrupt stall precipitated
by high leading-edze pressures. ' ‘

1. The peak values of maximum lift coefficient are determined
by a critical Mach number which is attained at relatively low free-
stream Mach numbers (epprox. 0.20 for the flaps-deflocted configu-
rations and 0.25 to 0.30 for the fleps-retracted configuration).

2. The values of maximum 1ift coefficient are increased when
the Reynolds number is increased but the critical pressure coefficient
(critical Mach number) is reached at lower free-stream Mach numbera .

3. The increased pressurs peaks that result when the flaps
are deflected cause the critical pressure coefficient (critical Mach
number) to be reached at lower free-stream Mach numbers than when
" the flaps are retracted.

4. After the critical pressure coefficient (critical Mach
number) hes been reached, the value of maximum 11ft coefficient
is appreclably reduced by further increase in Mach number and there
is an indication that the effect of Reynclds number on the maximum
1lift becomes markedly reduced.

5. The value of maximum 1ift coefficient before the critical
pressure coefficient (critical Mach number) is reached is almost
entirely depsndent on Rejynolds number, but even in the low Mach
number renge, Mech number effects should not be neglected. Any
method, therefore, that is utilized to predict flight velues of
meximm 1ift coefficient from wind-tunnel dsta by accounting for
a. difference in Reynolds number and neglecting a difference in
Mach number may give srroneous results.

Lanrley Memorial Aeronautical Lcboratory
National Advisory Cormittee for Aeronautics
Langley Field, Va., Hovember 19, 1946
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Figure 1,- Layout of wing of NACA 230-serles alrfoll sections iested in the Langley 19~foot pressure
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(a) Front view.

Figure 2.- Wing of NACA 230-series airfoil sections mounted in the
Langley 19-foot pressure tunnel,
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NACA TN No. 1289 Fig. 2b

Rear view.
Concluded.

(b)

Figure 2.-




NACA TN No. 1299 Fig. 3

Figure 3.- Close-up of tube-transfer system used in tes
NACA 230-series airfoil
tunnel,

ts of a wing of
sections in the Langley 19-foot pressure
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Figure 4.- Comparison of test conditions in the Langley 19~foot pressure tunnel and Langley 16-foot

high-speed tumnel for a wing of NACA 230~-series airfoil sections.
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Figure 5.- Variation of Jift coefficient with angle of attack for & wing of NACA 230-series alrfoll secticus
tested in the Langley 19-fcot pressure tunnel.
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Fig. Ta NACA TN No. 1299
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NACA TN No. 1299 Fig. 7d
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Flgure 8,- Comparison of chordwise pressure distribution over a wing
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Figure 9.- Comparison of chordwise pressure distribution over a wing
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Figure 10.- Comparison of chordwise pressure distribution over a
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Figure 11.- Comparison of chordwise pressure distribution over a
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19-foot pressure tunnel at M, = 0.20, R, = 5,800,000 and
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Figure 12.- Comparison of chordwise pressure distribution over a
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NACA TN No. 1299 Fig. 13
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Figure 13.~ Variations of maximum wing pressure coefficients with
Mach number for a wing of NACA 230 -series airfoil sections
tested in the Langley 19-foot pressure tunnel,
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